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RELIABILITY AND EFFECTIVE THERMAL CONDUCTIVITY OF THREE 
METALLIC-CERAMIC COMPOSITE INSULATING COATINGS ON 
COOLED HYDROGEN-OXYGEN ROCKETS 
by Harold G. Price, Jr., Ralph L. Schacht, and Richard J. Quentmeyer 

Lewis Research Center 

SUMMARY 

An experimental investigation of the structural integrity and effective thermal con- 
ductivity of three metallic-ceramic composite coatings was conducted at the Lewis Re- 
search Center, These coatings were plasma sprayed onto the combustion side of water- 
cooled, hydrogen-oxygen rocket thrust chambers. 

The thrust chambers were operated over a chamber pressure range of 2. 07 to 4. 14 
meganewtons per square meter (300 to 600 psia) with combustion maintained at 15 to 25 
percent hydrogen fuel by weight (O/F of 5. 67 to 3). 

The first coating was a five-layer composite with molybdenum as the first layer on 
the wall. The molybdenum layer was followed by three layers, each varying in percent 
composition by weight (graded layers), of mixtures of molybdenum and zirconia. The 
final layer was a mixture of hafnia and zirconia. This coating functioned for 17 rocket 
firing cycles with a duration time of 213 seconds. A second composite coating with mo- 
lybdenum as the first layer, three graded layers of mixtures of nichrome and alumina, 
and a fifth layer of 100-percent alumina functioned for six cycles with a duration time of 
182 seconds. The third composite coating considered had a molybdenum first layer and 
nichrome and zirconia as the second and third layers, respectively. This coating also 
functioned for six cycles. The coatings were intact after the runs, and all the coatings 
could have probably survived many additional cycles. 

The effective thermal conductivity of all the coatings was in the range of 0. 7472 to 
4. 483 watts per meter, per degree kelvin (0. 1x10”^ to 0. 6x10”^ Btu/(in. )(sec)(°R)), which 
makes the coatings a very effective thermal barrier . Photomicrographic studies of 
cross-sectioned coolant tubes seem to indicate that the effective thermal conductivity 
of the coatings is controlled by contact resistance between the particles caused by the 
spraying process and not the thermal conductivity of the bulk materials. 



INTRODUCTION 

Coating the combustion side of a cooled rocket thrust chamber with a thermal insu- 
lation, if it can be done successfully, aiiows a rocket to operate at higher chamber pres- 
sures and combustion gas temperatures or at the same chamber pressure and tempera- 
ture for more Operating cycles (refs. 1 to 4).- This is possible because the coating 
maintains or lowers the metal wall temperature, and also because the heat flux to the 
wall is reduced as the coating temperature goes up. Thus, there is a lower temperature 
differential across the metal coolant walls and lower metal thermal stresses. 

In the past, coatings were usually made of single layers of ceramics sprayed onto 
• metal. These ceramics are brittle materials, which have a tendency to spall and crack 
when subjected to the high heat-flux levels of a rocket combustion environment. The 
spalling and cracking result from high internal stresses caused by high temperature dif- 
ferentials which exist across the coating. 

An alternative to the use of single-layer ceramic coatings is to build, upon the metal 
substrate, layers of coatings of varying thermal conductivity (graded coatings) to form a 
composite. In this manner, a gradual transition of thermal conductivity across the com- 
posite coating is formed, as opposed to the sharper transitions associated with single 
coatings. Thus, the temperature differential is more gradual and thermal stress may 
be reduced. 

In reference 5, a number of graded coatings were tested in a small plasma rig. 

Four of these coatings that had the best structural integrity were further tested in refer- 
ence 6 (heat-sink thrust chambers). Surprisingly, all of them gave about the same ef- 
fective thermal conductivity. Photomicrographs seemed to indicate that contact resist- 
ance between the plasma- sprayed particles was the controlling factor in the effective 
thermal conductivity of the coatings. 

In the present tests, three of the four coatings of reference 6 were applied to instru- 
mented water-cooled 347-stainless-steel tubular rocket thrust chambers. These tests 
were run to establish the structural integrity of these coatings on cooled walls. The 
cooled rocket could be run for much longer times than the solid rocket used for the 
transient tests of reference 6. The coatings could also be subjected to many cycles of 
startup and shutdown to investigate the effect of extremes in operating conditions on 
coating adherence. 

A further purpose of these tests was to determine the effective thermal conductivity 
of coatings plasma-sprayed onto cooled rocket thrust chamber walls. The thrust cham- 
bers used herein were instrumented to give the thermal performance of the coating under 
cooled rocket conditions. The cooled thrust chambers had the same internal dimensions 
as the copper heat-sink thrust chambers of reference 6. This thrust chamber shape has 
been studied extensively at the Lewis Research Center (refs. 7 and 8). The gas-side 


2 



heat-transfer correlations were determined and checked many times. These correla- 
tions are used in the present work. 

The three different coatings were tested at the Rocket Engine Test Facility of the 
Lewis Research Center on three instrumented cooled rocket thrust chambers. The first 
coating (type 2) was a five-layer composite with molybdenum as the first layer on the 
tube wall. The molybdenum layer was followed by three layers, each varying in percent 
composition by weight (graded layers), of mixtures of molybdenum and zirconia. The 
final layer was a mixture of hafnia and zirconia. The second composite coating (type 3) 
had a molybdenum first layer, three graded layers of mixtures of nichrome and alumina, 
and a fifth layer of 100 -percent alumina. The third composite coating (type 5) had a 
molybdenum first layer and nichrome and zirconia as the second and third layers, re- 
spectively. 

Gaseous hydrogen and liquid oxygen were used as the propellants. A thrust of about 
75 620 newtons (17 000 lbf) was developed at 4. 14 meganewtons per square meter (600 
psia) chamber pressure. The chamber pressure was varied between 2. 07 and 4. 14 
meganewtons per square meter (300 and 600 psia), and combustion was maintained at 
15-percent hydrogen fuel by weight (O/F of 5. 67) with two tests at 25-percent hydrogen 
fuel by weight (O/F of 3). 


APPARATUS 
Thrust Chambers 

Three water-cooled rocket thrust chambers were used to conduct the reliability and 
thermal conductivity experiments. The thrust chamber contour and dimensions are 
shown in figure 1. The contraction and expansion ratio of the nozzles was 4. 64, and the 
characteristic length was 137. 16 centimeters (54 in.). These cooled thrust chambers 
had the same internal geometry as the copper heat-sink thrust chambers of references 
6 to 8. The cooling jacket was fabricated from 150 tubes of 347 stainless steel. Tubes 
with a wall thickness of 0. 03048 centimeter (0. 012 in. ) were used in two of the thrust 
chambers, and the third chamber was fabricated from tubing with 0. 0254-centimeter - 
(0. 010-in. -) thick walls. 

The geometric details, such as instrumentation station location, thrust- chamber 
diameter, and coolant channel height and chord width, are given in table I. A thrust of 
approximately 75 620 newtons (17 000 lbf) was developed at a chamber pressure of 4. 14 
meganewtons per square meter (600 psia) and a gas temperature of 3458 K (6224° R). 
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Coatings 


Three of the coatings studied in reference 6 that had the best structural integrity 
were sprayed onto the combustion side of the rocket thrust chambers used in this inves- 
tigation by means of a Plasmadyne SG-3, 25-kilowatt, 5. 08-centimeter (2-in. ) gun. The 
first coating tested (type 2) was a five-layer composite with molybdenum as the first 
layer on the wall. The molybdenum layer was followed by three layers, each varying in 
percent composition by weight (graded layers), of mixtures of molybdenum and zirconia. 
The final layer was a mixture of hafnia and zirconia. The second composite coating 
tested (type 3) had a molybdenum first layer, three graded layers of mixtures of ni- 
chrome and alumina, and a fifth layer of 100-percent alumina. The third composite 
coating tested (type 5) had a molybdenum first layer and nichrome and zirconia as the 
second and third layers, respectively. 

To maintain a constant coating thickness, the spray angle was held perpendicular to 
the surface and the spray head was held a constant 5. 08-centimeter (2-in. ) distance from 
the surface during the spraying of the chamber to the throat section. The spraying fa- 
cility did not have enough flexibility to maintain a constant coating thickness in the exit 
cone. The angle was kept perpendicular to the nozzle axis, but the distance from the 
surface increased as the gun traversed the exit cone. Thus coatings sprayed in the exit 
cone were not the same thickness as those sprayed in the throat section. An examination 
of table II shows the measured thickness of each of the coatings, as well as the composi- 
tion details. The table also indicates the desired or design thicknesses to maintain a 
combustion-side wall temperature below the coating melting point and yet provide for a 
lower temperature drop across the metal tube wall. 

The actual thicknesses were taken from photomicrographs (e. g. , fig. 2) of the tube 
cross sections of an extra tube mounted in the thrust chamber during the spraying proc- 
ess. Coating thicknesses for the same coating on different thrust chambers also varied 
as shown in table II. 


Injector 

A coaxial injector, shown in figure 3, was used with liquid oxygen and gaseous hy- 
drogen. as Jthe propellants. The injector-had. 2 34 elements uniformly spaced in a dish- 

shaped porous Rigimesh faceplate with an average of 0. 4 element per square centimeter 
o 

(2. 6 elements/in. ). Four to 6 percent of the gaseous hydrogen flowed through the face- 
plate at operating conditions of 2. 07-meganewton-per-square-meter (300-psia) chamber 
pressure and 15-percent hydrogen fuel by weight (O/F of 5. 67). One and one-half per- 
cent of the gaseous hydrogen propellant flowed through an outer ring of 72 peripheral 
film cooling holes of 0. 066 -centimeter (0. 026-in. ) diameter. The outer film cooling 
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flow of hydrogen was directed so that the jets of hydrogen impinged on the combustion- 
side wall 2. 54 centimeters (1 in. ) downstream from the injector face. This injector 
was the same as that used in reference 6. 


Instrumentation and Data Recording 

Two coolant tubes (circumferentially 180° apart) were used for instrumentation. 

Five axial stations were instrumented as shown in figure 4. The stations are also listed 
in table I. At each of these stations, five measurements were taken. Interface temper r- 
atures T were obtained from two platinel/7674-stainless-steel thermocouples spot 
welded to the stainless -steel tube and plated over with nickel. Reference 9 is a detailed 
report of the installation of these miniaturized thermocouples. Two Chromel-constantan 
thermocouples were installed in the coolant passage, one 1. 27 centimeters (0. 5 in. ) up- 
stream and one 1. 27 centimeters (0. 5 in. ) downstream of the interface thermocouple 
locations. A static pressure tap was installed on the coolant tube 0. 762 centimeter 
(0. 3 in. ) upstream of the interface temperature measurement. These readings plus the 
pressures and temperatures measured at the inlet and outlet manifolds gave the water 
coolant pressure and temperature distributions through the passage. Three Chromel- 
constantan thermocouples were used in the inlet and four in the outlet manifolds. The 
instrumented thrust chamber is shown in figure 5. 

Propellant flows, chamber pressures, coolant flows, interface temperatures, cool- 
ant pressures, and coolant temperatures were recorded in a digital form on a magnetic 
tape and also entered into the memory of an IBM 360 computer. The digital system used 
a sampling rate of 3125 words per second for 100 channels. Since the data were all 
steady state, 25 readings were averaged over an 0. 8-second interval to eliminate 
60-hertz noise and to diminish random noise. One report was made for all parameters 
at a common time. This report was then used in all terminal calculations, which were 
reported at the test site within minutes of the run. The times of the terminal calcula- 
tions could be varied to best represent the steady-state conditions and to best keep track 
of any changes in the coatings. 


TEST PROCEDURE 

The rocket thrust chamber was installed on a test stand at the Lewis Rocket Engine 
Test Facility, as shown in figure 6. The facility was designed so that the water coolant 
flow rate and pressure could be controlled independently of the combustion flows of oxy- 
gen and hydrogen. Once the water coolant flow rate and pressure were established by 
preset valves, the propellant valves for controlling the gaseous hydrogen and liquid oxy- 
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gen were automatically ramped open by an electrical servocontr oiler to establish a pre- 
set combustion chamber pressure and the percent Hg fuel by weight (O/F). The tests 
covered a chamber pressure operating range of 2. 07 to 4. 14 meganewtons per square 
meter (300 to 600 psia) with combustion varied from 15- to 25-percent Hg by weight 
(O/F of 5. 67 to 3). Table m summarizes the thrust chamber running conditions. 


DATA ANALYSIS 

The four basic equations that apply for a one -dimensional heat balance across a 
coated tube wall are 


^ ^c^cw ” T c> 


( 1 ) 



These equations can be used to analyze the heat transfer across the thrust chamber tube 
walls since the two-dimensional effects are minimized because the thrust chamber was 
constructed with thin-walled, low-thermal-conductivity stainless -steel tubes. 
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In order to solve for the effective thermal conductivity of the coating, an iterative 


procedure was employed that used the following measured parameters: T , T 


w «¥ 


ch’ 


P s,c> t m’ 


c’ uw’ 


W 


and V All symbols are defined in appendix B. (The 


coating design analysis is presented in appendix A. ) 


The coolant-side heat-transfer coefficient h for water was obtained from the equa- 


tion 


(St*)(Pr*)°- 6 = 0. 019(Re*)' 0, 2 (ref. 10) 


(5) 


The water properties were applied at the reference temperature T* and static 
pressure P_ , where 

S; C 


T + T 

T*=-? (6) 

2 

The static temperature T was calculated from an isentropic expansion through the 
thrust chamber. 

The thermal conductivity of the type 347 stainless steel was evaluated at the mean 

temperature T mean by the following equation, where is in Btu/(in. )(sec)(°R) and 

T„ oq _ is in °R: 
mean 

k = 1. 17x10" 7 t + 1. 31X10" 4 (7) 

m mean x ' 

where 


T 

mean 


T + T 
cw uw 

2 


( 8 ) 


which was fitted in the region of interest determined from reference 11. Equations (1) 
and (2) were then solved simultaneously for coolant wall temperature T and heat 

L W 

flux q. 


The hot-gas adiabatic wall temperature T aw was computed by the method explained 
in reference 7 with the measured chamber pressure P cll and propellant flow rates Wjj 
and . 2 


The hot-gas-side heat-transfer coefficient h was computed from the correlation 

b 


(St*)(Pr*)°- 7 = C g (Re*)"°- 2 


(9) 
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obtained from reference 7. The hot-gas transport properties were put in as a function 
of static chamber pressure P g ch and reference temperature T*. These hot-gas heat- 
transfer correlation coefficients were developed for rocket thrust chambers having 
approximately a 1.63-micrometer rms (64-^xin. rms) surface. The finishes of the 
coated thrust chamber tubes were measured to be 3. 302 micrometers rms (130 pin. 
rms). Since this represents a small change in roughness, no corrections to the C 

o 

were made. The axial measuring stations used in this report were identical with those 
used in reference 6. Equations (3) and (4) are solved simultaneously to get (k/t) ct and 
the gas-side wall temperature T . Then, the coating thickness t . having been 

gw Cl 

measured, the effective thermal conductivity of the coating k^ can be computed. 


DISCUSSION OF RESULTS 
Reliability 

All the coatings, in general, demonstrated good structural integrity, as shown in 
figure 7. However, the coating over the nickel(Ni) -plated region at the instrument sta- 
tions did not survive as well as in the nonplated regions. This difference in structural 
integrity may be related to the method of fabrication. In this work, molybdenum (Mo) 
was used as the first layer in all the composite coatings tested. There is a considerable 
difference in the coefficient of thermal expansion between Ni and Mo. Also there is a 
possibility of comparatively rapid diffusion of Mo through the Ni, with the possible for- 
mation of brittle intermetallic compounds at the interface. Kvokova and Lainer in refer- 
ence 12 suggest using a thin silver plating between the Mo and Ni to prevent the diffusion 
of the Mo into the Ni. This was attempted late in the program, but not enough testing 
was done to determine if it was successful. 

Figure 8 shows the composite type 2 (thrust chamber 9) coating at axial station 6 
after 17 runs. While the coating was in very bad condition over the Ni-plated areas, it 
was in excellent condition everywhere else. Coating type 2 functioned for 17 cycles and 
a total running time of 213 seconds with very minor damage. The damaged area over the 
instrumented stations was estimated to be less than 1 percent of the total coated surface 
area. The running was not continued, but the coating could have probably functioned for 
many more cycles. - 

Thrust chamber 8 (coated with type 3 coating) was the only thrust chamber cross 
sectioned after the testing, and photomicrographs showed the coating to have no signifi- 
cant erosion. The actual measurements indicated the coating had grown about 0. 00508 
centimeter (0.002 in.), but this is not probable. The final thickness could only be com- 
pared to the initial measurements from the extra tubes that were installed in the rocket 
thrust chamber during the coating process and then removed and cross-sectioned. The 
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original measurements showed a maximum variation of 28 percent in coating thickness 
between two tubes installed 180° apart in a thrust chamber during the coating process. 
The 0. 00508 -centimeter (0. 002 -in. ) apparent growth falls in the tolerance of these 
measurements. 

Coating types 3 and 5 functioned for six cycles and a total running time of 182 sec- 
onds. Again running was not continued because the coating thermal performance had 
been obtained and showed repeatibility between cycles. 


Thermal Performance 

Figure 9 is a plot of the measured interface temperature T uw (between the tubes of 
347 stainless steel and the coating) against accumulated running time and various oper- 
ating conditions for composite coating type 2. Each data point is the averaged measured 
value for a steady-state condition where 25 readings have been averaged over an inter- 
val of 0. 8 second. Each run was for 10 seconds, and it took from 0. 2 to 0. 3 second to 
reach steady-state conditions. Furthermore, each point is for a separate test; thus, 
the coating experienced a heat-up and cool-off cycle between each two points of data. 

The data are presented for five axial stations. 

The thrust chamber had two tubes that were each instrumented with two T uw ther- 
mocouples, and therefore four measurements were possible at each time report at each 
axial station. Because the thermocouple installation is a very precise and intricate 
process, no one engine was successfully instrumented with 40 T uw thermocouples, that 
is, some were lost during the fabrication process. Others were lost during running, 
that is, the readings were invalid because of coating loss (fig. 8). And on some, the 
insulation cracked and new thermocouples were formed at other than the crown of the 
tube and thus gave erroneous readings. For these reasons, data are only plotted where 
repeated runs indicated a repeat of the measured quantities, T and T , for a given 
running condition of P^, percent Hg, and W c . When T uw would not repeat, we found 
that usually the coating had been lost, which caused an increase in the reading of T yw , 
or that the coating had separated from the metal, which caused a decrease in the reading 

°* T uw‘ 

Since direct viewing of the coating after firing or viewing of photographs taken after 
firing did not always reveal any flaws (the coating could separate from the metal but 
still be intact), comparisons of T uw were considered a better means of determining 
whether the coating (and thus the data) was still good. This was especially true in view 
of the fact that, for each of the coatings, more than one station could be found where 
T uw did remain constant for many reruns where operating conditions were repeated. 

Figure 9 shows that the measured values of T yw are reasonably repeatable, which 
indicates that there was no coating deterioration. For example, at the approximate 
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times of 20, 30, 40, 50, and 60 seconds, the running conditions were repeated (as noted 
in the legend) and the measurements of T uw 's were nearly the same. The measure- 
ments at about 10 and 70 seconds also indicate approximately the same values of T yw 
for the same running condition. At some axial stations, a 55.6 K (100° R) difference is 
shown between the measurements on two tubes at the same axial station. An example of 
this is at a time of about 90 seconds at stations 4 and 9, which are just downstream of 
the throat. These differences could have a number of causes. The coolant flow could be 
slightly different in the two tubes. The plating thickness over the thermocouples them- 
selves could be slightly different. Or the coating thickness from one side of the engine 
to the other could have varied. 

Figure 10 is a plot of the coating effective thermal conductivity k ct as a function of 
* accumulated running time and operating condition computed using the average location 
interface temperature measurements of figure 9. This plot shows that the effective 
thermal conductivity varies little for many runs at the same operating condition. The 
data indicate that the effective thermal conductivity is not a strong function of percent 
fuel and only a slight function of chamber pressure. 

The spread of the data is somewhat large but typical of results from actual rocket 
firings. The 55. 6 K (100° R) difference in T uw on opposite tubes gives about a 2-to-l 
variation in thermal conductivity at stations 4 and 9. Sensitivity of k ct to T uw is dis- 
cussed later, in the section Data Sensitivity. 

Figure 11 is a plot of interface temperature for this same coating repeated on an- 
other thrust chamber. This plot, along with figure 12, which is a plot of k ct against 
accumulated time, shows the same trends as figures 9 and 10. 

Figure 13 is a plot of the interface temperature T uw as a function of accumulated 
running time and operating condition for coating composite type 3. The type 2 coating 
was removed from this thrust chamber by blasting with number 60 aluminum oxide 
(AlgOg) grit. The thrust chamber was then recoated. Again, the measurements of T uw 
are fairly repeatable over many cycles. 

Figure 14 is a plot of k^ against accumulated running time for coating composite 
type 3. At station 4 the value of k^ was 1. 868 watts per meter per kelvin (0. 25x10"^ 
Btu/(in. )(sec) (°R)), which is approximately the same as for type 2. At stations 1, 2, 
and 5 the value of k c ^. for type 3 was lower than for type 2. 

Figures 15 and 16 are the same types of plots (T uw and k ct against time) for 
layered coating type 5. Again, the data are fairly repeatable over many cycles. The 
value of the effective thermal conductivity is also of the order of 2. 242 watts per meter 
per kelvin (0. 3x10”^ Btu/(in. )(sec)(°R)), which is about the same as for types 2 and 3. 
Reference 6 found a value of 2. 989 watts per meter per kelvin (0. 4x10 ^ Btu/ 

(in. )(sec)(°R)) to be representative of these three coating systems. In general, the pres- 
ent results substantiate the findings of reference 6, where the effective thermal conduc- 
tivities of the coating were found not to be a function of chamber pressure or percent 
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fuel and only slightly affected by the average coating temperature. Similarly, as in 
reference 6, the thermal conductivity of the bulk materials used in the coatings also 
does not seem to have a great effect on the effective thermal conductivity of the com- 
posites. For example, adding a metal to the ceramic did not change the effective ther- 
mal conductivity of the overall coating. Apparently, contact resistance and resistances 
caused by interparticle bonds have a greater determining effect on the effective thermal 
conductivity of the plasma-sprayed system as applied than does the thermal conductivity 
of the bulk materials used in making up the composite. 

The data of figures 9 to 16 are summarized in figures 17 to 19. The data points are 
the averages from the many runs obtained under similar operating conditions. The hot- 
gas wall temperature T^ w at the throat is approximately 1944 K (3500° R), which is 
probably approaching the limiting temperature for composites with alumina. 

Figure 18 is a plot of the heat flux q against axial location in the thrust chamber 
relative to the throat computed using averaged measured temperatures of figure 17. 
Figure 19 is a plot of the effective thermal conductivity k £t against axial location for 
the same conditions as figures 17 and 18. These effective thermal conductivities thus 
represent the averages for many runs for composite type 2 coating. The change in k £t 
level with axial distance must be attributed to the way the coating was applied, as de- 
scribed in the section APPARATUS, Coatings. This undoubtedly changed the contact 
resistance of the system and thus k c ^.. The k cJ . variation at any one station represents 
the difference between three operating conditions and the different results for the same 
coating applied to two different thrust chambers. The k ct varies from 1. 12 to 3. 74 
watts per meter per kelvin (0. 15x10"^ to 0. 50x10“^ Btu/(in. )(sec)(°R)) in the region of 
the thrust chamber where spraying parameters were best controlled. 

Figure 20 is a plot of k ct , as obtained from the averaged T yw measurements, for 

the three different coating types against the thrust chamber axial location at 4. 14- 

meganewton-per -square-meter (600-psia) chamber pressure. The majority of the data 

-4 -4 

is located between 1. 12 and 3. 74 watts per meter per kelvin (0. 15x10 and 0. 50x10 
Btu/(in. )(sec)(°R)). However, the data for stations 1, 2, and 5 for thrust chamber 8 
with type 3 coating do not lie in the same range. They do, however, lie within the ac- 
curacy shown by a sensitivity study which is discussed in the following section, Data 
Sensitivity. 

Although there is no ready explanation for the discrepancy in the coating type 3 data 
at stations 1, 2, and 5, these were the only data obtained from a recoated thrust cham- 
ber. There is the possibility that the number 60 AlgOg blasting of the thrust chamber, 
which was done to remove the coating type 2, could have affected the thermocouples at 
these stations. 

The effective thermal conductivities found by the present data are approximately the 
same as those found in reference 6, which again lends credence to the data being good 
up to the point of separation or to the point where the coating was lost. 
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Data Sensitivity 


In order to determine the accuracy of the effective thermal conductivities obtained, 
the Cg’s, T uw ’s, and combustion efficiencies 17 from the data were perturbed. For 
example, the C^'s from reference 7 were perturbed from to Cg±l. 96 ct, where ct 
is the standard deviation of the C^’s from reference 7. Table IV shows the effect at 
the chamber and throat for a typical test. The table shows that k ct and the gas-side 
wall temperature T^ w are very sensitive to perturbations of (also shown graphi- 
cally in appendix A). A perturbation of 1. 96 a caused a 4-to-l change in the k ct value 
obtained for the chamber, and a 1. 7-to-l change for the throat. The changes in T^ w 
were 1. 9 to 1 in the chamber and 1. 4 to 1 at the throat. A designer will have to be con- 
servative in his design procedure in the use of coatings, or more elaborate laboratory 
measurements will have to be made to determine the value of k ct more accurately. A 
designer will also have to know the value of the hot-gas -side heat-transfer coefficient, 
probably from measurements instead of using a correlation. 

The measurement of T uw was perturbed by -55. 6 K (-100° R), which was about the 
maximum variation obtained from two interface thermocouples at the same position. In 
general, the experimental variation was much less than 55. 6 K (100° R). This variation 
is probably caused by thermocouple installation location error, plating thickness varia- 
tion, and/or thermocouple error. The results are given in table V. The perturbation 
of T uw by -55. 6 K (-100° R) again produces large variations in k ct and T . Look- 
ing at the situation in reverse, the data show that a 7-to-l variation in k ^ will not 
cause large changes in the interface temperature T uw . The designer will again have to 
be conservative in the coating (gas -side wall) temperature T^ he designs for. 

Perturbations of the coolant adiabatic wall temperature T £ and of the coolant 
weight flow W c had little effect on the value of k c ^.. This is shown graphically in ap- 
pendix A. 

Perturbations of combustion efficiency gave the results shown in table VI. The ta- 
ble shows that a 2. 7 percent drop in efficiency caused a 48 and 33 percent change in k ct 
at the chamber and throat, respectively. The gas -side wall temperature T^ for the 
2. 7 percent change in efficiency resulted in a 21 and 17 percent change at the chamber 
and throat, respectively. 

Thickness measurements on two tubes inserted 180° apart in a thrust chamber dur- 
ing the* coating process showed that the coating thickness varied by 28 percent.' This 
28 percent maximum variation in thickness would, of course, cause a 28 percent varia- 
tion in the k ct values. 

Thus, small variations in the data can cause large changes in the value of the effec- 
tive thermal conductivity and of the coating temperature obtained. This range of data 
scatter is reasonable since the data are within the range of most other thermal conduc- 
tivity measurements on the materials used herein that are given in the literature. 
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Theoretical Coating Advantages 


In order to show the advantages of a coating, six computer calculations were made. 
Three calculations each were performed for a coated thrust chamber and an uncoated 
thrust chamber. The calculations were performed for chamber pressures of 2. 07, 3. 10, 
and 4. 14 meganewtons per square meter (300, 450, and 600 psia). The coating assumed 
was type 2 with a thickness of 0. 0254 centimeter (0. 010 in. ) held constant throughout 
the thrust chamber. The value of effective thermal conductivity k ct used was 2. 24 
watts per meter per kelvin (0. 3xl0 - ^ Btu/(in. )(sec)(°R)). Thus, these calculations were 
for the same range and operating conditions as those of figures 17 to 20. Figures 21 
to 23 show the results of these theoretical calculations. Figure 21 shows that the metal 
wall temperature for the highest operating conditions and at the most critical region, 
just upstream of the throat, decreased from a T^ w of 861 K (1550° R) for the uncoated 
chamber to a T uw of 656 K (1180° R) for the coated chamber by the use of the thermal 
barrier coating. Remember that T uw = T^ w for an uncoated thrust chamber. It also 
shows that the metal wall surface temperature with a thermal barrier is less sensitive 
to change in operating conditions. At the throat for the uncoated case, T uw varies from 
678 to 861 K (1220° to 1550° R), while for the coated case, T uw varies from 583 to 
656 K (1050° to 1180° R) for a change in chamber pressure from 2. 07 to 4. 14 meganew- 
tons per square meter (300 to 600 psia). Figure 21(b) also shows that T^ (or the coat- 
ing surface temperature), 2347 K (4225° R), just upstream of the throat is probably ap- 
proaching the limiting temperature for zirconia for the highest chamber pressure. 

Figure 22 shows very significant reductions in q by the application of a thermal 

barrier coating at the highest operating condition. Just upstream of the throat, q 

o 

changed from 27. 5 to 15. 0 megawatts per square meter (16. 8 to 9. 2 Btu/(in. )(sec)). 

Figure 23 is a plot of AT across the metal wall with and without a thermal barrier 
coating. At the highest operating condition and just upstream of the throat, AT varied 
from 422 to 256 K (760° to 460° R). Thus, not only the absolute magnitude of the metal 
surface temperature was reduced, but also the AT across the metal was drastically re- 
duced. These two factors should do much for increasing the life of a thrust chamber. 


SUMMARY OF RESULTS 

An experimental investigation was conducted at the Lewis Research Center with in- 
strumented water-cooled thrust chambers. These thrust chambers were coated with 
three different coatings and were tested at chamber pressures of 2. 07 to 4. 14 meganew- 
tons per square meter (300 to 600 psia) with hydrogen and oxygen as the propellants. 

The proportion of fuel was maintained at 15-percent hydrogen by weight (O/F of 5. 67) 
with two tests at 25-percent hydrogen by weight (O/F of 3). 
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The results of the investigation are as follows: 

1. The coatings, while not sprayed optimally, did perform repeatably and did func- 
tion for many cycles over 99 percent of the thrust chamber. 

2. Coating type 2 (a graded series of zirconia and molybdenum layers with a hafnia 
and zirconia outer layer) functioned for 17 cycles and a total running time of 213 seconds 
with very minor damage (less than 1 percent). The test was not continued, but after in- 
spection of the coating it was determined to have a high probability of functioning many 
more cycles. 

3. Coating type 3 (a graded series of alumina and nichrome layers with molybdenum 
underlayer) and type 5 (a layered molybdenum-nichrome-zirconia coating) each func- 
tioned for six cycles and a total running time of 182 seconds. The test was not continued, 
but after inspection of the coating it was determined to have a high probability of func- 
tioning many more cycles. 

4. The effective thermal conductivity is not a function of pressure, average ceramic 
temperature, or percent hydrogen in the fuel (O/F) in the range of variables covered by 
these tests and with the accuracy obtainable by actual rocket firings. 

5. The various coatings tested herein are very effective thermal barriers, with little 
difference in their effectiveness. 

6. The effective thermal conductivity of the coatings was measured to be approxi- 
mately 0. 7472 to 4. 483 watts per meter per kelvin (0. 1x10”^ to 0. 6x10"^ Btu/ 

(in. )(sec)(°R)), which is approximately equal to the thermal conductivity of the pure 
ceramic alone. 

7. Contact resistance between the coating particles and layers is the controlling fac- 
tor, and not the thermal conductivities of the bulk materials. 

Lewis Research Center, 

National Aeronautics and Space Administration, 

Cleveland, Ohio, June 7, 1973, 

502-24. 
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APPENDIX A 


COATING DESIGN ANALYSIS 

This appendix shows, through a series of graphical representations, how a designer 
can take the pertinent equations and a set of given input conditions, build up a set of plots 
which show the relative sensitivity of the input parameters, and establish a design en- 
velope for coatings. Later in the appendix numerical examples are presented. 

Reference 13 shows mathematically that for the case where a thin thermal shield, 
such as a refractory coating, is applied to a rocket thrust chamber, the thermal shield- 
ing reduces the heat-transfer coefficient to the shielded material to an effective value, 



where h^ is the heat-transfer coefficient without the coating, t^ is the coating thick- 
ness, ana k^ is the coating effective thermal conductivity. In figure 24(a) a graphical 
representation of equation (1) is shown for various values of (t/k) c ^. It can be seen that 


for large values of (t/k) ct , h g ^ is relatively insensitive to a wide variation in h^. 
Thus, injector streaking or inability to accurately predict would not adversely af- 
fect a design. 


By taking the equation for one-dimensional heat flow to a coated wall 


4 ' h eff< T aw - T uw> = h e ff T uw(^ £ ' M < 2 > 

\UW / 

where q is the heat flux per unit area, T aw the adiabatic wall temperature, and T yw 
the interface temperature between the coating and the metal wall, lines of constant q 
can be added to the graph in figure 24(a) for given values of T and T /T . These , 

LI W dr W Li W 

are shown in figure 24(b). Since q is directly proportional to h^j for given values of 
T,„„ and T /T , it can be seen that the q lines are a linear progression on the h .. 

UW uW UW Cll 

axis with q equal to zero at h g ^ equals zero. 

The equation 

» - V T aw - V < 3 > 

where T^ w is the gas-side wall temperature, can be combined with equation (2) to ob- 
tain 
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By using equation (4), lines of constant T gw can be added to the graph of h^ against 

h for given values of T__ /T„_ and T . These lines are shown in figure 24(c) as 
^ dW uw 

a percentage of T &w - The line (t/k) ct = 0 is also a line of T gw = T uw , and the h g -axis 
represents a line of T gw = T aw . Thus, having constructed the graph of figure 24(c) 
from a given set of input conditions, a designer has all the necessary information to 
establish a design envelope for coatings. 

Figure 24(d) shows the sensitivity of the T 


for T = 0. 5 T . 
gw aw 


gw lines to various ratios of T aw /T uw 
In this case ratios of T aw / T uw of 3. 5 and 5. 0 are shown. For a 


given T__, it can be seen that a maximum ratio of T„ ,„/T „, or minimum T is 
dW dW uw uw 

desirable since this shifts the T gw lines to lower values of h g ^ where the (t/k) C £ 
lines flatten out. Besides the previous comments as to why one should design to be on 
the flat part of the (t/k) ct curves, this also allows a given design to operate over a much 
larger range of h^. 

In order to show the sensitivity of the various parameters shown in figure 24(d), a 
numerical plot has been constructed and shown in figure 24(e). In order to make an ex- 
planation of the sensitivity of the parameters used in figure 24(e) somewhat simpler, 
figures 25 to 27 were constructed. Figure 25 is for a T &w of 2361 K (4250° R), which 
might be considered to be representative of a nuclear thrust chamber design. Figure 26 
is for a T aw of 3333 K (6000° R), which might be representative of a chemical rocket 
design with low chamber pressure or low q levels. Figure 27 is for a T aw of 3611 K 
(6500° R), which might be representative of a chemical rocket design with high chamber 
pressure or high q levels. On all three plots, a k C £ of 2. 242 watts per meter per kel- 
vin (0. 3xl0" 4 Btu/(in. )(sec)(°R)) and a T uw of 556 K (1000° R) were used. This is rep- 
resentative of k ct for all the coatings tested. Gas-side wall temperature T gw lines of 
1667, 1944, and 2222 K (3000°, 3500°, and 4000° R) and others have also been con- 


structed for these plots. 

The design should be in a region on these curves where the thickness curves have 

become horizontal so that, even-though h g changed, h g ££ would remain the same. For 

example, using figure 25, a typical uncoated nuclear nozzle design might be at a q 

o 

level of about 32. 7 megawatts per square meter (20 Btu/(in. )(sec)) (point A) and an h g 
of 1. 809X10 4 watts per square meter per kelvin (0. 00615 Btu/(in. ^)(sec)(°R)). By using 
a coating with a k C £ value of 2. 242 watts per meter per kelvin (0. 3xl0 -4 Btu/ 

(in. )(sec)(°R)) and a thickness of approximately 0. 0414 centimeter (0. 0163 in. ), the q 

o 

level would be dropped to about 7. 52 megawatts per square meter (4. 6 Btu/(in. )(sec)) 
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with a T gw of 1944 K (3500° R) (point B). In this region h gff changes very slowly as 
h g increases. Figure 26 with a driving temperature T aw of 3333 K (6000° R) shows 
that for the same gas-side wall temperature, the same k, the same T uw , and the same 
q as the uncoated case (point C), the thickness required would be about 0. 01905 centi- 
meter (0. 0075 in. ) and the q level would be dropped to 16. 34 megawatts per square 
o 

meter (10 Btu/(in. )(sec)) (point D). One would like the design to be in the region where 
t ct lines are horizontal, but the restraint is the upper temperature limit of the coating. 
Again using figure 27 where T „ = 3611 K (6500° R), with the higher q's, for example 
131'megawatts per square meter (80 Btu/(in. ^)(sec)) uncoated (point E), 0. 00437 centi- 
meter (0. 00172 in. ) of coating would give a coating temperature of 1944 K (3500° R) and 
an assumed interface temperature T of 556 K (1000° R) for a k . of 2. 242 watts per 
meter per kelvin (0. 3X10"* Btu/(in. )(sec)(°R)) (point F). 

Since contact resistance seems to be the major factor in establishing the effective 
thermal conductivity, spraying 0. 00152 centimeter (0. 00063 in. ) of an oxide layer on 
copper for the future shuttle engines could reduce the q from 131 to 101 megawatts per 
square meter (80 to 62 Btu/(in. )(sec)) (point G). This is predicated on the spraying of 
the oxide effectively to give a k c ^ of 2. 242 watts per meter per kelvin (0. 3x10 ^ Btu/ 
(in. )(sec)(°R)). The gas-side wall temperature would only be about 1244 K (2239° R). 

These examples show that a designer can easily draw up similar curves for his own 
design conditions (T &w and T uw ) and then add T gw lines for the temperature his coat- 
ing can withstand. He then can pick thickness levels for a number of axial positions for 
his thrust chamber and immediately know the effectiveness and the q levels that go 
with these choices. 

Figure 28 is a plot of the equation 


1 + 


cw 


h c 

/M 

(k/V 

\ T UW 


UW 


1 + 


(k/t) 


m 


which is the solution of the two basic equations 


« - h c< T cw - T c> 


^ f . j ( T uw " T cw > 
Nl/ m 


(5) 

( 6 ) 

(7) 


This figure shows that in the flat region of the T c / T uw curves, T cw /T uw does not vary 
much with big changes in the parameter h c /(k/t) m . 
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Figure 29 is a graphical representation of the equation 


1 + 
T 

cw _ 

h g 

/^aw\ 

. (k/t) ct_ 

YW 

T 

h 


uw 

i + — & 




( k A) ct 


which is a solution of the two equations 

fl= h g< T aw-V (3) 

q =(f) <T gw - U < 9 > 

u/ ct 

This figure shows that for small ratios of T„/T „ is not very sensitive to 

aAV UW gvv uw 

changes in h /(k/t) , . For large ratios T /T becomes very sensitive to changes 
in h g /(k/t) ct . 

In general then, the sensitivity of the various design parameters depends on the re- 
gions of these plots that the designer finds himself in for his particular design. Thus, a 
few graphical plots easily give an insight to coatings for a given design. 
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APPENDIX B 


SYMBOLS 


B constant 

C constant 

Cg hot-gas heat-transfer correlation coefficient 

Cp specific heat 

D diameter 

h heat-transfer coefficient 

k thermal conductivity 

P pressure 

Pr Prandtl number, c p/k 

q heat flux 

Re Reynolds number, pVD/ p 

Re^ Reynolds number based on diameter 

St Stanton number, h c /p*Vc* 

T temperature 

AT temperature difference 

t thickness 

V velocity 

W weight flow rate 

?} combustion efficiency 

i u viscosity 

p density 

a standard deviation 

Subscripts: 
aw adiabatic wall 

c coolant (water) 

ch chamber 

ct coating 



cw coolant wall 

d diameter 

eff effective 

g gas 

gw gas -side wall 

H 2 gaseous hydrogen 

m metal 

mean mean 

Og liquid oxygen 

s static 

uw interface between metal and coating 

x reference 

Superscript: 

* reference condition 
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TABLE I. - GEOMETRIC DESIGN DETAILS OF THRUST CHAMBER 


AND COOLANT CHANNELS 


Station 

Axial location rel- 
ative to throat 
(a) 

Thrust-chamber 

diameter 

Coolant- channel 
height perpendic- 
ular to flow* 3 

Coolant-channel 
chord width 0 

7~ 

cm 

in. 

cm 

in. 

cm 

in. 

cm 

in. 

Nozzle 

26.817 

10. 558 

26.632 

10. 485 

0.457 

0. 180 

0. 564 

0. 222 

5-10 

20. 386 

8.026 

23. 178 

9. 125 

.442 

. 174 

. 490 

. 193 


12.685 

4.994 

19.050 

7. 500 

.406 

: 160 

.401 

. 158 

4-9 

3. 175 

1.250 

13.952 

5. 493 

. 330 

. 130 

.292 

. 115 

Tangent point 

1.643 

.647 

13. 132 

5. 170 

. 323 

. 127 

.277 

. 109 


.820 

.323 

12.807 

5.042 

. 320 

. 126 

.269 

. 106 

3-8 (throat) 

0 

0 

12.700 

5.000 

. 318 

. 125 

.267 

. 105 


-1.643 

-.647 

13. 132 

5. 170 

.323 

. 127 

.277 

. 109 

Tangent point 

-3. 175 

-1.250 

14. 402 

5.670 

.356 

. 140 

. 302 

. 119 

2-7 

-5. 398 

-2. 125 

16. 967 

6.680 

. 424 

. 167 

. 358 

. 141 

Tangent point 

-7.605 

-2.994 

19. 530 

7.689 

.485 

. 191 

. 411 

. 162 


-12. 220 

-4.811 

23.833 

9. 383 

. 572 

.225 

. 505 

. 199 


-17. 137 

-6.747 

26.469 ! 

10. 421 

.622 

.245 

. 561 

.221 

1-6 (tangent point) 

-22.210 

-8. 744 

27. 356 

10. 770 

.638 

.251 

. 579 

.228 


-29. 528 

-11.625 

27. 356 

10. 770 

.665 

.262 

. 579 

.228 


-35.278 

-13.889 

27. 356 

10.770 

.688 

.271 

. 579 

.228 


a Positive values denote locations downstream of throat; negative values denote locations up- 


stream of throat. 
D See fig. 4 (section B). 
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TABLE IV. - DATA SENSITIVITY - PERTURBATIONS IN HOT- 


GAS HEAT-TRANSFER CORRELATION COEFFICIENT 



Hot-gas-side 

Coating effective thermal 


wall temper- 

conductivity, k ct 


ature 

’ gw 

W/(m)(K) 

Btu/(in. )(sec)(°R) 


K 

°R 

Chamber 

C g = 0. 0257 
C - 1. 96 a = 0. 0201 
C g + 1. 96 a = 0. 0313 

1043 

1878 

1.7 

0. 23X10* 4 

680 

1224 

4.8 

.64 

1294 

2330 

1.2 

. 16 

Throat 

C g = 0.0151 

1513 

2755 

1.6 

0. 21xl0' 4 

C g - 1.96 a = 0.0112 
Cg + 1.96 or = 0.0190 

1211 

2180 

2.2 

.29 

1731 

3115 

1.3 

. 17 


TABLE V. - DATA SENSITIVITY - PERTURBATION . 
IN INTERFACE TEMPERATURE 


Interface tern- 
perature, T uw 

Hot -gas -side 
wall temper- 
ature, T^ 

Coating effective thermal 
conductivity, k Qt 

K 

°R 

W/(m)(K) 

Btu/(in. )(sec)(°R) 

K 

°R 

Chamber 

522 

940 

1491 

2683 

6.8 

0. 91X10' 4 

467 

840 

1157 


1.0 

. 14 

Throat 

553 

995 

1957 



0. 44X10' 4 

497 

895 

1549 



. 17 









TABLE VI. - DATA SENSITIVITY - PERTURBATIONS 


IN COMBUSTION EFFICIENCY 


Combus- 
tion effi- 
ciency, 

V 

Hot-gas -side 
wall temper- 
ature, T 

t g-\y 

Coating effective thermal 
conductivity, k 

W/(m)(K) 

Btu/(in. )(sec)(°R) 

K 

°R 

Chamber 

0.984 

1611 

2900 

2. 1 

0. 28X10' 4 

.970 

1424 

2563 

2.5 

.34 

.957 

1278 

2301 

3. 1 

.41 

Throat 

0.984 

2136 

3845 

2. 1 

0. 28X10' 4 

.970 

1946 

3502 

2.4 

.32 

.957 

1781 

3206 

2.8 

.37 



Figure 1. - Schematic of water-cooled rocket thrust chamber with coaxial injector. Contraction ratio, 4.64; expansion ratio, 4.64. 
(All linear dimensions are in centimeters (in. ). ) 
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Composite 

coating 


27. 38 _ 
(10.78) 


e 


'Coolant in 





Section A Section B 


Figure 4. - Schematic of wire-wrapped water -coo led -nozzle instrumentation locations. Instrumentation at each station.- coolant side, 
two Chromel-constantan thermocouples and one static-pressure tap; hot -gas side, two platinel - 7674-stainless-steel thermo- 
couples. (All linear dimensions are in centimeters (in. ). ) 













(b) Nozzle. 

Figure 7. - Concluded, 
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Figure 10. - Summary of effective thermal conductivity of type 2 coating in thrust chamber 8. 
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Figure 11. - Time history of interface temperature between metal wall and type 2 coating on thrust cham- 
ber 9 for various operating conditions. No data at station 1-6. 
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Figure 12. - Summary of effective thermal conductivity of type 2 coating on thrust chamber 9. No data 
at station 1-6. 
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Figure 13. - Time history of interface temperature between metal wall 
thrust chamber 8. No data at station 3*8. 
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Figure 14. - Summary of effective thermal conductivity of type 3 coating on thrust chamber 8. 
No data at station 3-8. 
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Figure 16. - Summary of effective thermal conductivity of type 5 coating on thrust chamber 5. 


39 




Hydroge 





(y 0 )P3S)(-U!)/ n }8 ' l3) l ‘^|A|pnpU03 |BIUJ3lJl8A|paH3 



41 







Axial location relative to throat, cm 


-16 -12 -8 -4 0 4 8 12 -16 -12 -8 -4 0 4 8 12 

Axial location relative to throat, in. 

(a) Uncoated. Hot-gas-side wall temper- (b) Coated. Thickness, 0.0254 centimeter 
ature equal to interface temperature, (0.010 in.); thermal conductivity, 2.242 

T gw ■ T uw . W/(mHIO<0. 3x10-4 Btu/(in. )(sec)(°R). 

Figure 21. - Theoretical wall temperature profiles. 
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Figure 22. -Theoretical heat flux profiles. 
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Figure 23. -Theoretical temperature difference across metal wall. 
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Figure 24. - Graphical coating analysis. 
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Figure 24. - Concluded. 
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Figure 25. - Coating thickness analysis for conditions representative of a nuclear nozzle design: effective ther- 
mal conductivity, k ct , 2.242 W/(m)(K)(0.3xl(H Btu/(in.)(sec)(°R)); adiabatic wall temperature, T aw , 2361 K 
(4250° R) ; interface temperature, T 556 K (1000° R). 
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Figure 26. - Coating thickness analysis for conditions representative of a chemical rocket with low chamber pressure: 
effective thermal conductivity, k ct , 2.42 W/(m)(K) (0.3xl0 -4 Btu/(in. )(sec)(°R)) ; adiabatic wall temperature, T aw , 
3333 K (6000P R) ; interface temperature, T uw , 556 K (100CP R). 
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Figure 27. - Coating thickness analysis for conditions representative of a chemical rocket with high cham- 
ber pressure: effective thermal conductivity, k ct , 2.242 W/(m)(K) (0.3x10"^ Btu/fin. )(sec)(°R)); adiabatic 
wall temperature, T aw , 3611 K <6500° Rl : interface temperature, T uw , 556 K (1000° R). 



Figure 28. - Sensitivity of heat -transfer parameters on coolant side of thrust chamber. 
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Figure 29. - Sensitivity of heat-transfer parameters on hot -gas side of thrust chamber. 
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